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RESEARCH MEMORANDUM

EXPERIMENTAL DETERMINATION OF THE SUBSONIC PERFORMANCE

OF A RAM—JET UNIT CONTAINING THIN-PLATE BURNERS
By John R. Henry

SUMMARY

The performance of a ram—-jet unit consisting of an intake diffuser,
an exhaust nozzle, and a cluster of thin-plate burners contained in a
semicircular combustion chamber was Iinvestigeted 1n the Lengley induction
aerodynamics laboratory. Date were taken over a fuel-eir-ratio range
fram 0 to 0.0%9, a fuel flow range fram 0 to 3100 pounds per hour, at
cambustlon—chamber inlet velocities from 40 to 195 feet per second, and
at simvulsted free—stream Mach mumbers fram 0.20 to 0.55.

Combustion efficiencles fram 56 to T2 percent were obtalned. At the
higher fuel flows investigated, marked decreases in cambustion efficlency
resulted from increases in fuel flow. This characteristic led to the
conclusion that operation under high—thrust—output conditions would not
be feaslble. It was estimated that the cambustlon—chamber performance
obtained in the subsonic test—stend investigation would produce at
supersonic flight speeds thrust coefficients regarded as too low to be
practical.

The cycle—efficilency and propulsive—efficiency product of the ram—Jet
unit was approximately 80 percent of that for a no—pressure-—loss unit
under the same conditions of operation.

The performance of the Intake diffuser, which had an area ratio
of 2.14% to 1 and an equivalent conical angle of expansion of 16°, was a
unigue FTunction of inlet—boundary-layer" thickness. Over 99 percent
diffuser efficiency wes obtalned when the boundary layer at the inlet was
campletely eliminated. '

INTRODUCTION

This paper is concermed with the determination of subsonic performance
characteristics of the ram—Jet burner and cambustion—chamber assembly shown
in figure 1. The burners and semicircular combustion chamber were designed
in 1942 for application as a speed booster to be mounted on the under sids
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of a fighter airplane. Initial tests were run 1n the latter part of 1942
in a 3—foot cambustion wind tunnel at the Langley Laboratory. To adapt
the model to the tummel a nozzle wes placed upstream of the cambustion
chamber, and to obtain the maximum air flow for the power available the
products of cambustlon were discharged through a diffuser. Due to low
tunnel power and lack of lnstrumentation not many significant quantitative
results were obtained; however, crude measurements indicated a 50-percent
combustion efficlency at a fuel—alr ratlo of 0.025 with an inlet velocity
of 75 feet per second.

Although rocket developments soon outmoded the speed—booster appli—
catlon of the thin—plats burner, the performance under high—thrust—output
conditions was of Interest for possible application to supersonic alrcraft.
When the blower facllities of the Lengley Inductlon aercdynmsmics laboratory
became aveilable in 1945, an investigation was initiated to obtain more
canprehensive burner performance using a test setup simulating as closely
as posslble a £light configuration. The simulatlion consisted of replacing
the lIntake nozzle with an intake diffuser and the exhaust dlffuser with en
exhaust nozzle and bleeding off the boundary layer at the diffuser inlet.
Preliminsery tests were run in which the burners were modified to obtaln
approximately the maximum performance for the present burner configuration.
The use of two 1000-horsepower centrifugal blowers and a high-—capacity,
positive—displacement fuel pump permitted testing over a wide range of
fuel and air flows up to back pressures at the diffuser inlet corresponding
to & similated fllght Mach number of 0.55. The data have been analyzed
in a manner similar to that of reference 1. An estlmate, based on the
subsonlc test-—stand data, of thrust coefficlents at supersonlic flight
speeds is presented.

SYMBOLS

The following symbols are used throughout the paper:

A crosg—sectional area, square feet

Cyp thrﬁst coefficient

GP specific heat at constant pressure, British thermal units
per pound per degree Fahrenhelt

F thrust, pounds -

=3 acceleration due to gravlty, feet per second per second
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Nse

Na

lower heating value of fuel (19,000 Btu/1lb)
mechanical equivalent of heat (778 f£t—1b/Btu)
friction coefficient

Mach number |

mass flow, slugs per sscond

absolute total pressure, pounds per square foot
absolute statlc pressure, pounds pe¥ square foot
absolute barcmstric pressure, pounds per square foot
dynamic pressure, pounds per square fooﬁ

gas censtant, foob-pounds per pound per degree Fahrenheit
total teqperature, degfees FTahrenheit absolute
static temperaturs, degrees Fahrenhelt absolute
velocity, feet per second

air fiow, pounds per second

fuel flow, pounds per second

ratio of specific heat at constant pressure to speclific heat
at constant volime (considered as variable hereln)

ratio of abgolute barametric pressure to NACA standard
atmospheric pressure at sea level, 2116 pounds per sguare
foot absolute (p0/2116)

over—all efficlency

cambustion efficiency

thermodynamic—cycle efficlency

diffuser efficlency

propulsive efficiency
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Ot ratio of absolute total temperature at exhanst-nozzle exit
to ebasolute static temperature at NACA s atmospheric
conditions at sea level, 519° F (T 519;

e ratlio of absolute total temperature st exhaust-nozzle exit
to absolute total temperature st cambustion—chamber

inlet @1-,5 /Tt3)

F/& thrust reduced to NACA standard atmospheric conditions at
sea level, pounds

Wa : :
'53“, 9t5 roeduced alir—flow paramstery pounds _per second _
o T reduced fuel—consumption parameter, pounds per hour
%o —'rp"lé ts
Subscripte:
0 to 7 conditions at the corresponding stations indicated in Figure 7
x point in any cross section
v point between stations 3 and 4

- DESCGRIPTION OF APPARATUS

Figure 1 shows the cambustlon-—chamber shell to be a semicirculer
section suspended fram a flat, horizontal .gtructure containing a built—

up truss. The lé%——mch gpace conteining the truss served as & cooling

shroud for the top of the cambustlion chember. The cooling of the curved
portion of the cambustion-chamber walls was provided far by ths addition
of & shroud glving a coocling-alr passage measuring 1 inch be.ween inner
and outer walls. The cambustlon-chambexr length was lncreased to 5 feet
to obtain more complete cambustion at the higher fuel flows. The fuel .
lines were altered so that the individual lines from the burners were
manifolded outelde of the combustlon chember, instead of inslde, in-
arder to simplify maintenance of the setup.

The burners used were modifled versions of that shown 1n figure 2.
Fuel was brought into the burners by two lines, the pilot and main
feed lines, as shown in flgure 2. The pllot fuel traveled through the
pilot distributor rake and was projected im 0.024%—inch-diameter
streams ageinst the interilor walls of the upstream reglon of the pllot
housing. The fuel in lliquid conditlon was jignlted on-and burned fram
the walls of the pilot housing. The pllot housing created a low-velocity
reglion, necessary for the lgnitlon and exlistence of the pilot flame. The
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main fuel was initially heated by the pllot flame Wefore entering the main
boiler. Tt recelved further hesting in the boiler and then issued frem
the vapor—jet orifices. The small main vapor Jets were lgnitéd by the
sheet of flame fram the pilot burner and then in turn ignited the large
mein vapor Jets, which had greater penetration. The heat for the mein
boiler was supplied largely by the burning of the large main vapor Jets.

A camon-rail igniter tube intercomnected the five pllob housings so that,

3P the flame faltered in cme housing, lgnition would be provided by flame

traveling from other pillot housings under the back pressure due to cambus—

tion. The amall blocking of the thin-plate burner was achieved by the ;
manner of mixing the fuel with the alr durlng the cambustilon process,

which allowed a burner of small frontal area Lo serve a cambustlon region

of relatively large cross sectlon.

During preliminary runs the pilot burners as shown in figure 2 4id
not function properly at the higher combustlon—chamber Inlet velocitles. |

. To correct this shortcoming, the pllots were modlfied as shown ln flgure 3: !

the veloclty in the pilot housing was reduced by parbly closling off the

pilot air inlets with Arilled rivets &nd flaring the pilot skirts. The
flared skirts probebly also induced & certain amount of turbulence in the
reglon- of the pilot—=housing trailing edge which may have alded the cambustion.
The modified configuration operated satisfactorily up to full blower

capacity with 3100 pounds of fuel per hour and a cambustion—chamber

inlet velocity of 145 feet per second. Cambustion—chamber inlet

veloclities up to 300 feet per second were obtalned by removing the

Jet discharge nozzle and decreasing the rate of fuel injection in :
order to reduce the resistance to flow. K

The proportions of the diffuser tested are shown dlagrammatically in
the sketch in filgure 4. The configuration of the diffuser exlt was
determined by the cambustion—chamber shape. The inlet shape was made
similar to the exit shape except for fillets located in the two upper
carners. The diffuser had an equivalent angle of expansion of 16° and a
ratio of exit to inlet area of 2.14. The diffuser installation is shown
in the photograph of figure 5. .

~ The exhaust—nozzle cross sectlons were made geametrically similar
t0.that of the cambustion—chamber cross section. The nozzle exlt area

of l% square feet was chosen as & result of prelimlinary calculatj:_gns to
determine that area which would produce the maximm thrust at a fuel-air .
ratio of 0.03 with the blower air flow and pressure rises available. The

nozzle walls were designed. to produce an area variation approaching zero
at the exi’c. }

The air flow was supplied by two 1000-horsepower centrifugel blowers,
serles connected, which made avallable 38,000 cubic feet per minute
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at a pressure rise or 150 Inches of water. The flow conditions desired
at the ram—Jet air Inteke were obtained through use of & fine mw3sh screen
in the low—velocity ducting upstream of the intaks, and a boundary-layer
bleed gap immediately preceding the Iintake. A photograph of the ram—Jjet
unit inestelled in the test cell is presented as figure 6

The fuel burned in the ram Jet was an unleaded 65-octane gasoline.
The fuel was pumped through a 30—gallon surge tank, a fllter, rotameters,
control velves, and the burners. The fuel pressure in the boilers was
of the order of 2 to 5 psl gage. The lgnition was operated from a 12-volt
power source, &nd a gingle—elsectrode 10-millimeter spark plug was used to
produce & spark fram the center of each pilot housing to the pilot wall.

- The instrumentation on the ram-jet unit consisted primerily of
pressure tubes and thermocouples, layouts of which are shown in figure 7.
In addition to the pressure tubes shown there were three rows of wall
statlic—pressure orifices on the diffuser and & single row along the top
of the cambustlion chamber. A&ll the pressure tubes at station 5 were
externally water~cooled. A self-balancing potentlometer accurate
to £19 F was used to read the thermocouple temperstures. All the pressures
were made to indicate on a T2—tube manameter board through the use of
pneumatlically operated pinchbozrds, and the pressures were photographically
recorded. All Indicating instruments, comntrols, and test personnel were
housed in a scundproof operating booth.

TESTS

The main program was divided -into two seriles of tests consisting of
constant—fuel~flow and variable-blower—speed runs, and vlce versa. Each
of the serles covered the same varlable ranges so that a direct cross
check was obtained on the reproducibility of the data. Thé fuel flow
range extended from O to 3100 pounds per hour, and the blower speed range
extended from maximum rotational speed to the lowest rotatlonal speed
at which the nozzle—exlt. gas temperature did not &xceed approxi—
mately 2400° F.  Higher temperatures than 2400° F produced failures in the
setup from overheating. The runs lasted about 2 minutes during which fuel
flows, temperatures, blower—drive power frequency, and mancmeter photo—
graphic data were recorded. A rumning record. of certeln key pressures
obtalned through the use of airspeed indlcators was malnteined to Insure
uniform test results. The ranges of variables covered in the program are
listed 1n the following table.
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1 4
Fuel rlgw | Cophustion-chamber | gyuey | Free-streem
(1b/nhr) ot velocity | Zir Mach mumber
(fps)
Mintmum 0 ko 0 0.20
Meximum 3100 195 .eko -35

The temperatures and statlc pressures at the cambustion—chamber inlet .
ranged from 85° F to 125° F and fram 2170 to 2600 pounds per squaxe foot
absolute, respectlvely.

COMPUTATION METHODS

A dilagremmatic sketch of the simmlated ram-jet configuration 1s
presented in figure 7. Stations O and 7 are by definition stations
at which the static pressure is equal to the free—stream static pressure;
adlsbatic flow was aspumed between stations O and 1 and between stations 5
and 7. In order to celculete the paremeters presented In thls paper
1t was necessary to determine almost all gquantities identifying the flow
at all stations except station 4. The methods used In obtaining these
gquantities are outlined in the following paragraphs.

The static—pressure variations at stations 2, 5, and 6 and the total-
temperature varilations at statlons 2 and 6 were so small that arithmetic
averages of the data reading could be used. An exact determination of the
average total pressure at stetion 5 woild have requlred knowledge of both
total-pressure snd teémperature variations across the section. Data from
proliminary testa in which thermocouple measurements were teken at. station 5
were used to obtain en indication of the order of magnitude of the dis—
crepancies between arithmetic and welghted averages of (pts - Do)« The
arithmetic average differed fram the welghted by less than 5 percent for
all cases. These inaccuracies were not considered of sufficient magnitude
to:Justify the added work of data reduction and complication in instru—
mentaetion necessary to mesasure temperatures, especlally In view of the
Irregulerity of the total—pressure gradlents, examples of which are
presented in figure 8. Therefore, the average total pressure at station 5
was obtained by aritimetic averages of the tube readings. The static
pressure a8t station 1 was determined through the use of a calibration
of the three static—tube readings taksn at station 1. The calibration .
was obtained by surveying the statif pressure at thd station over a range

- of air flows for several resistances to flow cobtalned by installing

SSGNEINE
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_screens on the nozzle exit. The total pressure at station 1 was constant
across the section except for a negligible area adjacent to the wall.

The total—-pressure readings fram the two rakes at station 6 (see
fig. T) were used to determine a ratlio of the weighted average total
pressure to the center of the passage total pressure. The average total
pressure at the shroud exlt was taken to be the product &f this ratio and
the arithmetic average of the center of the paspage tube reasdings. Average
measured pressures and temperatures were plotted ageinst fuel flow and
percent of maximmm blower speed. All calculations were mmde using faired
values from these curves, examples of which are presented in figures 9
and 10. TFigure 9(a) shows average measured diffuser—exit static pressures
taken from runs made wlth comstant fuel flow and varying blower speed.
Similar data taken at constant blower speed and varlable fuel flow are
shown in Pigure 9(b), which also shows solld points taken fram faired
curves of filgure 9(a). The agreement betweer the curves and the solid
points indlcates the relative value of faired data obtalned by the two
methods. Similar data and camparisons are glven for nozzle—exit total
pressure in figures 10(a) and 10(Db). .

The following are relations used in the computations:

Fblocity
1

2YRTy | 4 _(p) 7
V = '('_—)'7 T ll (pJ

Maess flow at stations 1 and 6

=1 =1

Eé:'lp '83(7—1)Tt<%—b).7 %)7 -

Dynamic pressure at stations 2 and 3

—5%
(oo -9 = o3+ [ERE BT
7P .
y -
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Totel temperature at station 5

Tt5 =

- 25 /8.2

&0 - 1) (Z/s)
Mach number at station O

2y 952 Pi5 1 Pt5
P5

r=1
2 4 -
= —_— -1
Yo 7 — 1{ \Po
RESULTS AND DISCUSSION

Ram~Jet performance can be expressed in many different terms
according to what purpose lis belng accamplished. The thrust force is
a gignificant quentity that can be d.irectly campared.with the drag force
of the body to determine the resulting equilibrium level-Llight speed or
the possible acceleratlon at a given flight speed end rate of climb.
Thrust 1s often more usefully thought of in terms of a dimenslonless
coefficlent Cp, which is comparsble to the drag coefficlent of a body.
Neither of these gugntitlies reflects fuel econamy or efficlency of energy
conversion. Over—all efflclency 1s the product of burner, thermodynamic—
cycle, and propulsive efficlencles and expresses the percentage of ensrgy
in the fuel converted to thrust energy. The reciprocal of the over-all
efficlency is proportional to the specific fuel consumption and indicates
the fuel rate required per unlt thrust horsepower.

An analysis of, the relation of ram—Jet performance paramsters to
flight Mach number 1s glven in reference 1. DPerformance curves simllar
to those of reference 1 have been prepared from the data taken on the
thin-plate—burner rem—jet configuration. A plot of reduced thrusi
(thrust/8y) against simulated £light Mach number is presented in figure 11.
Thrust was calculated using the following eguatlon: '

= "’-Li(v - v&
It is estimated that the thrust values shown in figure 11 are accurate
to £10 percent. An analysis of figure 11 shows that for a glven
temperature ratio the reduced thrust ie proportional to the similated
flight Mach number to a power which varies between 1.8 and 2.1. The highest
thrust atteined in the tests was 410 pounds at a Mach mumber of 0.54 and a
temperature ratio Ty of 3.0.

o
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The relatilion of thrust coefficient Cp to simulated flight Mach

number ls presented in figure 12. Thrust coefficient was defined as ¢
foliows: ' ' ’ ’

Cm = &
F aohs (1)

The area A, was used as the reference area because the cooling shroud
would not nécessarily be used in a flight model. Thrust coefficients
fran 0.370 to 0.397 were attained at a temperature ratio of 5.0. '
Figure 12 indicates that within the accuracy of the datea the ram-Jet
unlt produced no variation of Cp In the Mach mumber range covered by

the tests for constant temperature ratio Ty.

. The range of simulated flight Mach mumuer obtalned in the test was
limlted and the relation of the low Mach number data to possible high
Mech number performance was not obvlious; therefore, an estimate based on
the subsonilc test—stand data was" made of the thrust—cosefficient variation,
with f1ight Mach number. The cambustion-chamber performance in terms of -
Mach mumbers and pressure and temperature ratlos was held to those values y
obtained in the tests regardless of the flight Mach mumber. It was
belleved reasonable to restrict the cambustlon-chamber inlet velocity by :
limiting the inlet Mach number to test values since most ram—Jet burners i
deprecilate in performance 1f the air veloclty is increased beyond certain '
valuee. Thils llmitation would be imposed physicelly by regulation of the
nozzle exlt area. The limitatlon of the cambustlon—chamber temperature
ratlos to test values is comsldered conservative since the higher levels
of pressures and temperatures associated with higher flight Mach mumbers
are favorable to cambustlion. Further dlscussion of the assumptions and
methods used in the calculations 1s gilven In the appendlx.

Two cases were calculated, one for a temperature-rise ratio of 3.85
and a combustlon—chamber inlet Mach mummber of 0.065 (fig. 13) and one
for & temperature-rise ratio of 2.89 and an inlet Mach mumber of 0.085
‘(fig. 14). For inlet—iotal-pressure—recovery ratios of 80 and 90 percent
both figures 13 and 14 show a continuously rising thrust coefficlent with
flight Mech number; however, for 1060—percent Inlet—total-pressure—recovery
retio both cases show a peak thrust coefficlient In the reglon of a flight
Mach number of 0.25 to 0.40 and & minimm thrust coefficilent in the region
of a flight Mach number of 1.0 to 1.4.

In discussing the calculated curves comparisons wlll be drawn with
the test-data curves of figure 12, which differ significantly from the
calculated curves in that the test<data curves are for a variable instead
of a constant combustion—chember inlet Mach number and & constant instead
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of a variable nozzle exit area. Only one point from either figure 13
or 14 corresponds in every respect with a group of conditions on the
test—data plot. Such a polnt coammon to flgures 12 and 13 occurs at a’

]

thrust coefficient of 0.367 and a flight Mach number of 0.375. This point

has a total—pressure-recovery ratlo of 99.5 percent, a total-tempera—
ture ratio of 4.75, a cambustion—chamber inlet Mach number of 0. 065,
and a nozzle exit ares esqual to that of the test setup.

Moving, in figure 13, from this cammon point to lower flight Mach
nunbers along a 99.5-total-pressure-recovery-ratio curve results in
higher thrust coefficients, whereas in figure 12 on the L.75—temperature—
ratio curve the same procedure results In almost the same thrust ccef—
flcient. Higher thrust coefflcients-are obtalned along the 99.5-total~
presgure—recovery-ratio curve because the inlet Mach number and therefere
the alr flow are held constant by opening up the nozzle exit, but in the
test-data curves the rate of thrust—coefficlient increase is less because
the nozzle exit is held constant and the inlet Mach number of alr mass
flow 1s allawed to decrease. However, continued movement to lower flight
Mach numbers along the 99.5-pressure—recovery curve leeds to a condition

Where relatively high intermal losses due to malintenance of approximately

a constant air flow, a large nozzle exlt area, and low ram pressures can—
bine to reduce the exit veloclity to the samé order of magnitude as the
Plight velocity, and the thrust coefficient approaches zero rapidly.

This situation never occurs in the constant-—nozzle—exlt—ares case

(fig. 12) because the inlet Mach number is allowed to decrease and the
internal losses stay more In proportion to the decreasing ram pressures,
Movement from the cammon point to higher flight Mach numbers invokes
arguments converse to those for movement in the opposite direction. The
higher rate of decrease in thrust coefficient of the 99.5-pressure—
recovery curve with respect to the U4.75—temperature—ratio curve of figure
is principally due to the limitatlon of the air flow in figure 13 caused
by the decreasing nozzle exlt area as compared to the constant nozzle
exlt area and increasing air fiow of figure 12.

The final rise 1n thrust coefficient of -the curves of figures 13

and 14 1s due to the thrust coefficlent being referenced to flight

dynamic pressure lnstead of flight stagnation-pressure rise, as is evident
from the dashed curve of figure 13.

The thrust coefficients shown in figures 13 and 1% for the supersonic
flight range are regarded as too low to be of practical value. Thse
possibility of incressing the thrust coefficient by increasing the inlet
Mach number or air flow and/or the temperature rise will be shown in a
later discussion to be remote. Therefore, it appears that the thin—plate
burner does not have direct application to supersonic alrcraft.
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For a glven altitude, fillght Mach number, burner efficlency, and
temperature retlio T4, 1t i1s possible to determine from figures 15 and 16
the air flow and fuel flow requiredi to obtain a givea thrust condition -
.chogen from figure 12. Figure 15 is a plot of the air-flow parameter
against simulated flight Mach number, for constant values of temperature
ratlo Ti. The parameter Includes the quantity etS’ which cen be determined

frem the temperature ratlo. Ty, the flight Mach numper, and the altituce.
The meximum devlation of the data fram the curves was lesse than 1 percent
on the basis of curves of constant temperature ratio. The alr-flow param-—

oter '5% 9t5 Tor a ram-Jet unit with a hypothetical combustion chamber of

zero pressure losses, 1s not a function of the temperature ratio (see

reference 1), but for an actual unit with appreciable cambustion—chamber -
gas “velocitles the momentum pressure losses increase with increasing

values of temperature ratio, and it ls necessary to take Intc account

variations in temperature ratio in correlating the alr—flow requirements.

Figure 16 is a piot of the fuel-flow parameter against simmlated
flight Mach number. Thls parameter includes the burner efflciency, which '
must elther be determined or assumed in order to make use of the curve.

Thq perameter differs from the one of reference 1 in that the temperature
ratio. T4 1s included to correct for the comhuation-chamber losses. With v
the inclusion of this term the maximum scatter of the data was ¥2 percent.

The over-all efflcisncy was calculated froam

¥y

N = Wrhed

This 18 the ratic of the thrust power to the cambustion energy in the
fuel and can be shown to be the product of the burmer, cycle, and pro—
pulsive efficiencies. The ratio of the heat received by the air to the
heat of combustion of the gas 1s the cambustion efficiency,

(Wa + W;é) Cp 3_5@3-[;5 - Tti)

The ratlo of the over—alil efficilency to the burner efficlency is equal to

the product of the cycle and propulsive efficienciles and can be considered

as the efficliency with which the heat received by the air is converted . !
to thrust power. '
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The cycle efficlency for a hypothetical ram Jet wilth no Pressure
losses is glven in equation (10) of reference 2 as

1

5
(r — 1Mp2

Te =15

The actusl propulsive efficiency is glven in equation (20) of reference 2.
as _ .

1

p = o
1+ L 0O
2 Vo
The last expression for a ram Jet with no pressure losses reduces to

< TAm

The over-all efficiency for a ram Jet with no pressure losses is therefore
a function of three variables: burner efficiency, flight Mach nmmber, and
temperature ratio.

L
~

The product of the actual cycle and propulsive efficiencies (as obtained

by dividing the over—all efficlency by cambustion efflclency)} is plotted

agelinst’ simalated £light Mach number in figure 17 for several temperature
ratios. A value of 3.6 percent was reached with & temperature ratio of 3
at & simulated £1light Mach number of 0.545 which corresponded in this
case to an over-all efficlency of 2.04 percent.

The retio of the actual cycle—efficiency and propulsive—efficiency pro—
duct to the product of the cycle and propulsive efficlencies for a no—loss
system is plotted against the simmlated flight Mach number in Ffigure 18.

No reliable trends are Ilndicated by the data but the order of magnitude o
the ordinate is 0.80. In this comparison the burner efficilency is not a
factor and the 20-percent drop below 100 percent must be charged to Internal
friction, turbulence losses, and momentum—pressure losses occurring in the
diffuser and cambustion chamber. '

In order to determlne the contributlion to this loss chargeable to
diffuser losses, pressure measurements were made to determine the
diffuser efilciliency :
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APy o

.Tl_&=(ptl'-p9 -(Pt2 -Pa)

A plot of these values agalnst the air—bleed pressure coefficient gave the
curve of figure 19 with a point scatter of Li percent-units. The points
in filgure 19 were fram runs with no cambustion using screen resistances.
It is apparent that the diffuser efficlency is & function of the pressure
and mass~flow conditions at the bleed and 1s not affected by cambustiomn
as such, The low—pressure—coefficlent end of the curve, which drops
below 99 percent efficiency, i1s for very lean mixtures (fuel-air ratios

of 0.022 or less) so that most of the cambustion data were tsken with a
‘diffuser efficlency of 99 percent: The high efficlency is due to camplete
removal of the boundary layer at the diffuser inlet, thus preventing the
occurrence of .boundary layers of sufficient thickness Lo separate within
the diffuser length. It can be concluded that the 20—percent drop below
the ideal efficlency must be charged almost entlrely to combustion—
chamber momentum, friction, and turbulence losses.:

The cambustion efficiency is a function of many variables including
the type of burner, the cambustlion—chamber configuration, the pressure
and temperature of the intake air; the fuel and air distribution, the
fuel flow, the cambustion—chamber inlst-air velocliy, the fuel-air ratio,
and the type of fuel. The- fuel flow and ailr flow (and conseguently the
cambustion—chamber inlet velocity and fuel-eir ratio) were the principal
variables in the test program. The relation of the measured cambustion
efficlency to these variebles l1s illustrated by figure 20, which 1is a
femily of curves of constant cambustion efficiency plotted on coordinates
of fuel and air flows. Superimposed on the princlpal coordinates are
curves of constant cambustion-chamber inlet velocity, temperature rise
through the combustion chamber, and fuel-alr ratlo. All the varlables
plotted 1in figure 20 are interrelated; however, it 1s possible to draw
same general conclusions concerning .the cambustion efficlency. It is
apparent fram the efficlency curves that the lean-mixture tests were
not extended to high enough cambustion—chamber ihlet velocities to
obtain marked decreases in cambustion efficlency due to approaching the
blow—out condition. This effect would have caused a decreasing negatlve
slope of the lower—value efflciency curves with increasing air flow at
constant fuel flow.

It 1s algo apparent that it was somewhat more efficiemnt to burn

a glven guantity of fuel at high fuel-air ratios or low alr flows. It
1s difficult to deduce the reason for this effect; it is possible that



Fi

NACA RM L9B17 SOTNRER 15

the hotter pilot flame at the lower air flows improved the evaporation
and ignition of the main boller fuel, and 1t is also possible that the
lower air flows allowed the main boller fuel Jets to penetrate further
into the air stream producing & more hamogeneous mixture. Burning a given
amount of fuel at low air flows also means burning at high cambustion
temperatures, as is indicated 1n figure 20. It 1s possible that thils
process was more efficient because of the beneficial efiuct of high
temperature on caombustion.

- The variable which affected the efficiency to the greatest degree
1s shown by figure 20 to be the fuel flow, empecially at the highest air
flows. There may have been same loss 1n efficiency with increasing fuel
flows due to exceedlng the evaporative capacity of the bollers although
this effect should have been minimized because the pllot fuel flow was
increased proportionzally with the main-boiler fuel flow. There undoubtedly
is a change in fuel, fuel—eir, and air distributions with increasing fuel
flow at constant air flow. A loeally enriched burning mixture should
create an increased local resistance to air flow thus enriching the mix—
ture further until a static pressure equilibrium with the swurrounding
air stream 1s reached. If the local region is at stolchiametric mixture
before the enrichment tekes place, the excess fuel may never burn with
air from the surrounding regions and thus the over—sll cawbustlon efficiemcy
drops. It is helieved that such phenomena toock place 1n the region of
each of the five burners, causing five retarded reglons surrounded by
reglons of high mass flow ratems. At .statlon 5 thermocouple and pressure
messurements taken in preliminary tests indicated that the cambustion
had spread between the five regions forming a central core of hot gases
surrounded by a relatively cool annulus of high mass flow rate adjacent
1o the wall. Thess phencmena were substantiated by visual observation.

Because the thin—plate—burner conflguratlion has the characteristlc
of decreasing cambustion efflciency wlth increasing fuel flow, it 1s
quite evident that operation under high-thrust—output conditions, for

.instance a fuel-air of 0.06 and & cambustlon—chamber inlet velocity of

150 feet per 'second, 1s not, feasible.

It is possible that longer cambustlion chembers might have provided
better mixing and more complete combustion. This is substantlated in
figure 21 by the slope of the curves of static pressure along the cambustion
chamber. The curves indicate that for the higher fuel flows cambustion
was stl1ll proceeding st the end of the cambustion chamber, whereas for the
lowest fuel flow shown the slope of the curve near the end of the cambustion
chamber is of the sams order of magnitude as that which would result fram
the friction pressurs drop alons.
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CONCLUDING REMARKS

The thin—plste—burner configuration produced cambustion efficienciles
ranging between 56 and T2 percent in the ranges of variables covered by
the tests. At the hilgher test fuel flows the burners exhibited marked
decreases in efficlency with increasing fuel flows, which 1s believed to
be caused by increasing maldistributlon with increasing fuel fliows.
Because of this characteristic, operation of the thin—plate-burner config—
uration under high—thrust—output conditions 1is not considered feasible.

The ram—Jjet unlt produced approxlmately constant thrust coefficienta
with variation of slmnlated flight Mach number for curves of constant
cambustlon—chamber total-temperature ratlo, variable cambustion—chamber
inlet Msch number, and constant nozzle exit area. Estimates of thrust
coefficlents at supersonic flight speeds for cambustion—chamber performances
limited to thosme obtalned in the twsts produced values regarded as too low
to be practical.

The cycle—effliclency and propulsive—effliciency product of the ram—Jet
unit wae approximately 80 percent of that for a no—pressure—loss unit
under the same . conditions of operation.

The performance of the intake d&iffuser, which had an area ratiloe
of 2.1% to 1 and an egulvalent conical angle of expansion of 16° was a
unique functlon of the inlet—boundary—layer thickness. Over 99-percent
diffuser efficilency was obtalned when the boundary lasyer at the Inlet was
campletely eliminated.

Langley Aeronauticdal Laboratory
Natlonael Advisory Camittee for Aeromautics
Langley Alr Force Base, Va.
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APPENDIX

ESTIMATION OF THRUST COEFFICIENTS FOR

SUPERSONIC FLIGHT SPEEDS

The range of simulated flight Mach number obtalned in the tests
was limited and the relation of the low Mach number data to possible B
high Mach mumber performance was not obvious; therefore, an estimate
based on the subsonic test—stand data was made of the thrust—coefficient !
variation with £light Mach number. The cambustlion—chamber performance )
in terms of Mach numbers and pressure and temperature ratios was held
to those values obtalined in the test regardless of the fllight Mach
number. It was bellisved reasonable to restrict the cambustion—chamber
inlet velocity by limiting the inlet Mach number to test values since
most ram-Jet burners depreclate in performance if the alr veloclty is
Increased beyond certain values. This limitation would be Imposed
physically by regulation of the nozzle exit area. The limitation of
the cambustlion—chamber temperature ratios to test values 1s considered f
conservative slnce the higher levels of pressures and temperatures '
assgoclated wilith higher flight Mach mumibers are favorable to combustion.
It was further assumed that the friction and turbulence loss characteris— -
ties of the cambustion chamber remained unchanged.

In attempting to derive expressions relating the temperatures and
pressures before and after cambustion in a tube of constant cross-sectlconal
area the problem arises as to how to account for friction and turbulence
logses. Actually frictlion and turbulence losses occur along the entire
length of the chamber, the amount of loss over any one section dependlng -
on the chamber and burner design. To attempt to write such an exact
friction loss distribution into cambustion equations would be extremsly
d1fficult. TFor the purpose of thls presentation 1t will be assumed that
the over—all loss cdgn be represented in two parts, the firast part being
proportional to the dynamic pressure before cambustion and the second part
expressed as being proportional to the dynamic pressure after cambustion, -
-thus the sum of K3q3 and Kjq) is equal to the total loss. On this '

basis the following expressions can be written: t
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An ingpection of the equations reveals that 2 simultanecus solutlon is
possible which expresses the total-pressure ratlo as a functlion of Mach
number before cambustion, total-temperature ratio, friction coefficients,
specific heats, and gas constants. Also, through use of equations (Al)

and (A2) it 1s possible to express total-pressure ratlic as a function of
Mech numbers before and after cambustion, frictlion coefflcients, ‘and
gpecific heats. Figure 22 lllustrates these functions for standard air
values of the ratio of specific heats and the gas congtant and approximately
the value of friction loss and dlstribution corresponding to the test
ram—Jot combustlon chamber. The plot assumes that the frictlon-loss
coefficlents remain congstant for all conditions of cambustion—chamber
operation. A test—data plot, similar to that of flgure 22, 1s presented

in flgure 23, which was used to determine the total—pressure ratio across
the cambustion chamber in the supersonic thrust<coefficlent calculations.

A camparlson of ,the hypothetical cambustlon—chamber characteristices and

the actual characteristics is made in figure 24. An Inspection of the
figure reveals that a closer camparison probably could have been attained

by choosing a hypothetical cambustion chamber with a slightly lower friction—
lose coefficient concentreted more heavlily at the combustlon—chamber outlet.
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Using equation (1),. figure 23 end standard air values of specific
heats and the gas constant, thrust coefficlents were calculated for assumed
values of flight Mach munber, cambustlon—chamber Inlet Mach number and
total-temperature-rise ratio, and diffuser totel—pressure-recovery ratio.
Filgures 25, 26, 27, and 28 present calculated curves of constant thrust
" coefficient plotted on ordinates of total—temperature—rise ratio and
inlst Mach mmber for flight Mach numbers of 1.0 and 2.0 with diffuser
total-pressure—recovery ratios of 80 and 100 percent. Ths curves indicate
that the highest supersonic flight thrust coefflcients are obtained ati
the test-data boundary which extends fram high temperature—rise ratios
and moderate inlet Mach numbers to high inlet Mach numbers and moderate
temperature—rise ratios. Therefore, in order to Indicate the variation
with flight Mach number of approximetely the maximm thrust coefficlent,
two conditions ajong this boundary of inlet Mach number and temperature—
rise ratio were chosen. This variation is 1llustrated in figures 13 and 1k
and is déiscussed under the section "Results and Discussion." :
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Figure 4.~ Disgrammatic sketch of inlet diffuser.
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